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A heavy-cargo mission to Mars is investigated to determine the maximum deliverable
payload using electric propulsion. In contrast to previous analyses, this work assumes the
use of contemporary technology. The spacecraft trajectory is composed of three segments—
one at low-Earth orbit and two in the heliocentric frame. The total payload mass is maximized as a function of thrust steering angle and thrust and coast durations. This electric
propulsion mission is compared to a similar chemical propulsion mission; both start at lowEarth orbit with an initial mass of 23 metric tons. In the range of 100 to 400 kW of input
power, the travel time for electric propulsion is found to be 1.4 to 2.8 times longer than
that for chemical propulsion. Depending on whether or not the power supply is included
in the payload, the electric propulsion mission delivers a maximum of 1.9 to 2.5 times the
mass deliverable by chemical propulsion.

Nomenclature
a
e
g0
Isp
m
ṁ
P
r
T
ue
v
α
γ
θ
µ

Semi-major axis length, m
Orbital eccentricity
Gravitational constant at sea level, m/s2
Specific impulse, s
Mass, kg
Mass flow rate, kg/s
Power, W
Radial distance, m
Thrust, N
Exhaust velocity, m/s
Velocity, m/s
Specific mass, kg/kW
Thrust angle, degrees
Azimuthal angular coordinate, degrees
Gravitational parameter, m3 /s2

I.

Subscripts
avg
chem
LEO
nom
payload
prop
PS
T

♂

∞

Average
Chemical
Low-Earth orbit
Nominal
Payload
Propellant
Power supply
Thruster
Earth
Mars
Sun
Sphere of influence of Earth

Introduction

Electric propulsion has been promoted as a technology capable of bringing crews and their payloads to
Mars with considerable mass savings compared to similar missions employing chemical propulsion.1–6 To
achieve a similar transit time to chemical propulsion missions and a larger delivered payload mass, electric
propulsion missions require low-specific-mass power supplies, along with high-power thrust systems (greater
than 100 kW).2 Numerous studies1–6 have investigated such electric propulsion missions. However, many
of these studies assume currently unrealistic power supply characteristics. Specific masses are an order of
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magnitude lower than presently available1–5 and missions require orders of magnitude more power than
presently achievable.1–6 While these assumptions about power supply characteristics may hold at a future
date, they currently underpredict transfer times to Mars and inflate the total amount of payload mass that
can be delivered.
Our goal is to determine the most near-term capabilities of an electric propulsion spacecraft for a mission
to Mars using 100 to 400 kW of power. We simulate this mission using characteristics of the most state-ofthe-art technologies presently available in terms of launch vehicles, electric thrusters, and space-based power
supplies. This mission features a thrust-coast-thrust engine sequence which minimizes the propellant mass
required to match the orbit of Mars as a function of thrust and coast time and thrust steering angle. We
develop a trajectory analysis tool to obtain the total delivered payload mass and the total transfer time. We
compare the results of the electric propulsion mission to a similar chemical propulsion mission.
In Sec. II, we assess the state-of-the-art technology for electric and chemical propulsion and power supplies,
and present the chosen parameters for our analysis. We delineate the method used to determine the trajectory
in Sec. III and describe and validate an optimization strategy to minimize the total propellant mass in Sec. IV.
We compare the results of our study to a similar mission employing chemical propulsion in Sec. V.

II.
A.

Assessment of Current and Near-Term Technologies

Launch vehicles and upper stages

The lift capabilities of existing launch vehicles limit the initial mass of our spacecraft. A comparison of the
presently operational heavy-lift launch vehicles along with their respective upper stages is given in Table 1.
Based on the capabilities listed, we assume that our spacecraft has an initial mass of 23 metric tons (mT) at
400 km above the surface of the Earth. To simplify our analysis, we do not consider ∆v penalties resulting
from inclination or drag. We apply the parameters of the RL10B-2 engine to the chemical propulsion mission,
as it has the largest specific impulse, which results in the smallest propellant mass.
Table 1. Comparison of heavy-lift launch vehicles and respective upper stages.

Vehicle
Delta IV Heavy7, 8
Angara A59–11
Long March 512, 13
Proton-M14, 15
Falcon 916, 17
Ariane 518, 19

B.

Delivery orbit
200 km, 28.7◦
407 km, 51.6◦
200 km, 63◦
200×400 km, 42◦
180 km, 51.5◦
N/A
260 km, 51.6◦

Payload mass
(mT)
28.8
26.0
24.0 – 24.5
23.0
23.0
22.8
20.0

Upper stage
Engine
Isp (s)
RL10B-2

465

RD-0146
YF-75D
S5.98M
Merlin 1D
HM7B

451–463
442
326
342
446

Electric Propulsion

We assume that we can use an array composed of any number of thrusters to achieve a given power level.
The propellant mass flow rate ṁ therefore scales linearly with the input power P , such that
ṁ = ṁnom

P
Pnom

,

(1)

where the subscript nom designates the nominal quantities for the thruster considered.
Table 2 summarizes the commercially available or under-development Hall and ion thrusters. We do
not include magnetoplasmadynamic thrusters, VASIMR R , or other advanced concepts in our analysis, as
they have a lower technology readiness level (TRL). We seek a high thrust-to-power ratio (T /P ) in order to
reduce transit time. The HIVHAC is a state-of-the-art thruster that features one of the largest thrust-topower ratios, as well as a high specific impulse. Although data for higher-power thrusters (e.g. X3 or 457m)
are incomplete, specific impulse, thrust-to-power ratio, and specific mass (αT ) remain similar. We therefore
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assume that high-power, near-term thrusters can be clustered to operate in the range of 100 to 400 kW, and
retain the specific impulse and specific mass of the HIVHAC for our calculations.
Table 2. Nominal performance data for high-power electric thrusters.

Type

Hall

Ion

Thruster
BHT-800020
HIVHAC21
BHT-20k22
SPT-29023
NASA 457m24
X325
NEXT26
NEXIS27
HiPEP28, 29

∗ Though

C.

P
(kW)
8
8
15
30
40
30–200∗
6.9
25
39.3

m
(kg)
25
10.4
N/A
N/A
N/A
250
12.7
29.1
46.5

Isp
(s)
2,210
2,800
2,320
3,000
2,340
1,840
4,100
7,500
9,620

ṁ
(mg/s)
20.7
15
35
48
87
93
5.9
6.4
7

T
(mN)
449
412
797
1,410
2,000
1,518
237
471
661

T /P
(mN/kW)
56
52
53
47
50
50
34
19
17

αT
(kg/kW)
3.1
1.3
N/A
N/A
N/A
1.3 – 8.3
1.8
1.2
1.2

the X3 is rated for 200 kW of input power, published data are only available up to 30 kW.25

Power supplies

For missions to Mars, available solar arrays have both a higher TRL and a lower specific mass than nuclear
fission alternatives.30–32 We therefore consider only solar power supplies, examples of which are given in
Table 3. For our analysis, we assume the specific mass of the power supply of the International Space Station
(ISS), 35 kg/kW, as it is the largest supply to have been demonstrated in space. This value includes panels,
structure, and power processing unit. We consider the solar arrays to be self-deployable, based on active
research on deployment mechanisms. Examples of self-deployable systems include MegaFlexTM by Orbital
ATK,33 Roll-Out Solar Array panels by Deployable Space Systems,34, 35 and telescopic panels.36 The selfdeployable concepts are projected to scale up to 250 kW of power per panel, with specific masses ranging
from 7 to 20 kg/kW.
Table 3. Solar panels by mission.

Mission
ISS31, 37
Juno31
Dawn31, 38

P at 1 AU (kW)
120
14
10

III.

αPS at 1 AU (kg/kW)
35
24
12.5

Area (m2 )
2,500
60
38

Trajectory Determination

We consider planetocentric and heliocentric trajectories independently. This effectively reduces the computation to a two-body problem over multiple segments. The trajectory of the spacecraft from low-Earth
orbit (LEO) to the sphere of influence (SOI) of Earth constitutes the first segment. The second component
of the trajectory is in the heliocentric frame, from the SOI of Earth to the SOI of Mars. Any remaining
difference in velocity between the spacecraft and Mars at the SOI of Mars is resolved with a final segment
using chemical propulsion. In all cases, we assume planar trajectories.
The thrust sequence implemented depends on the type of propulsion considered. The electric propulsion
engine fires continuously from LEO until it reaches the SOI of Earth. The final mass and velocity at the
SOI may be optimized as a function of the thrust steering angle in this segment. A thrust-coast-thrust
engine sequence that minimizes the final ∆v to match the velocity of Mars as a function of thrust and coast
durations is used in the heliocentric frame. We compute the trajectory through numerical integration of
the equations of motion using an implicit Euler method of order 2. This method is a compromise between
3
The 35th International Electric Propulsion Conference, Georgia Institute of Technology, USA
October 8–12, 2017

stability, accuracy, and computation time. For the chemical rocket, a Hohmann transfer is used to simulate
the trajectory, with one impulse at LEO, and one impulse at destination to match the velocity of Mars.
A.
1.

Electric propulsion trajectory
Equations of motion

h
i
The state vector is defined as x = r, θ, mprop , ṙ, θ̇ , where r and θ define the position of the spacecraft in
polar coordinates, and mprop is the amount of propellant spent at any given time. The equations of motion
are given by


ṙ = ṙ,






θ̇ = θ̇,




ṁprop = ṁ,
(2)
T
µ

2


+
sin
γ,
and
r̈
=
r
θ̇
−

2

m0 − mprop

 r



1
T


θ̈ =
−2ṙθ̇ +
cos γ ,
r
m0 − mprop
where γ is the thrust angle with respect to the tangent of a circle of radius r (Fig. 1) and m0 is the initial
mass of the spacecraft.
The initial mass of each segment is computed from the
final
conditions of the previous one. The thrust is defined
T
θ̂
as
γ
T = ṁue ,
(3)
r̂
r

θ

Figure 1. Definition of geometric parameters.

2.

where ue is the exhaust velocity. The magnitude of the
thrust depends on the power available, which for solar
arrays decreases following an inverse-square law with respect to the distance from the Sun, r. At any given distance, the power is
 r 2

P = P0
,
(4)
r
where r is the distance between Earth and the Sun and
P0 is the nominal power at 1 AU. We treat the exhaust
velocity as constant and vary ṁ as prescribed by Eq. 1.

Mission segments

Earth escape: "We ignore shading effects
and consider constant power. The initial conditions for this
#
r
µ
segment are x = rLEO , 0, 0, 0,
, where µ is the gravitational constant of Earth and rLEO is the
3
rLEO
distance from the center of the Earth to LEO. We solve the differential equations to the point where the
spacecraft reaches the sphere of influence (r = r∞ ).
Heliocentric trajectory: We assume that the velocity at the SOI of Earth
 is tangential to thecircular
v + v∞
orbit of Earth in the heliocentric frame. The initial values are therefore x = r , 0, 0, 0,
, where
r
v is the velocity of Earth in the heliocentric reference frame, and v∞ is the final velocity achieved in the
geocentric frame. We solve the differential equations to the point where the spacecraft is within the sphere
of influence of Mars.
We treat the orbits of both Earth and Mars as circular in the heliocentric frame of reference. The radius
of each orbit is given by the time-averaged value, defined as


e2
ravg = a 1 +
,
(5)
2
where a is the semi-major axis of the orbit and e is the eccentricity.
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Injection into the orbit of Mars: Any remaining ∆v required to match the velocity of Mars in the
heliocentric frame of reference is eliminated with chemical propulsion. This change in velocity is given by
r


∆v♂ =

2

(ṙ2,f ) + r2,f θ̇2,f − v♂

2

,

(6)

where v♂ is the velocity of Mars around the Sun and the subscript 2,f designates the final values achieved
in the second segment of the trajectory. The rocket equation gives the mass of the propellant spent by this
maneuver as



∆v
,
(7)
mprop,chem = m2,f 1 − exp − ♂
g0 Isp
where g0 is the gravitational constant of Earth at sea level.
3.

Payload mass

We calculate the total payload mass that can be delivered to Mars using the results of each segment of the
trajectory as well as the specific masses of the solar panel system and thruster:
mpayload = m2,f − mprop,chem − αPS P0 − αT P0 .

(8)

For simplicity we neglect the mass of the chemical thruster and any additional structural components.
Equation 8 assumes that the power supply is not part of the useful payload. However, almost any
conceivable mission requires a power source at its destination. In this case, the power supply can be considered
an integral part of the payload. In Sec. V, we independently evaluate the cases where the power supply mass
is or is not included in the payload.
B.

Chemical Propulsion Trajectory

We model the trajectory of the chemical rocket with a Hohmann transfer in order to maximize the payload
mass fraction. The Hohmann transfer consists of two engine impulses. The propellant mass fraction for each
impulsive maneuver can be found using Eq. 7 with the appropriate initial mass and ∆v.
The first impulse is applied at LEO, resulting in a hyperbolic trajectory in the frame of the Earth, as
is illustrated in Fig. 2. The velocity achieved at the sphere of influence of Earth such that the spacecraft
reaches Mars at aphelion is given by39
s
!
r
2r♂
µ
−1 ,
(9)
v∞ =
r
r + r♂
where µ is the gravitational constant of the Sun, and r♂ is the distance between Mars and the Sun. The
change in velocity at LEO needed to attain v∞ is given in Ref. 39 as
r
2µ
2 +
∆v1 = v∞
− vLEO ,
(10)
rLEO
r
µ
where vLEO =
.
rLEO
The second impulse is applied at r = r♂ in order to attain a circular final orbit. This requires a change
in velocity,39
!
s
r
µ
2r
∆v2 =
1−
.
(11)
r♂
r + r♂

IV.

A.

Optimization

Thrust angle

The thrust angle affects multiple parameters, such as the amount of propellant and total time spent in a
given segment of the trajectory. An arbitrary function that maps values of r to the interval [0, π/2] can be
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sphere of influence
of Earth

Earth

v

rLEO
vLEO + ∆v1

v∞

Figure 2. Hyperbolic escape trajectory for chemical propulsion missions.

used to model the variation of the angle as a function of the position. We use the expression
!
N
X
π
k
γ (r) = tanh
γk (r − rLEO ) ,
2

(12)

k=0

where γ0 = 0, such that γ (rLEO ) = 0. The coefficients of the polynomial, γk , are the optimization variables.
The cost function is the total propellant mass for a segment of the trajectory. We use Scipy’s minimize
function configured with the Nelder-Mead40 algorithm to compute the optimization variables.
We demonstrate the validity of this approach on the case shown in Ref. 41, using a polynomial of order 3,
and compare our results to those of Tang and Conway who use 81 optimization variables. In this comparison,
each algorithm minimizes the total transit time from geosynchronous orbit (GEO) to the sphere of influence
of Earth. Results are shown in Fig. 3. We obtain good agreement with the optimization results of Tang and
Conway.

γ, degrees

90

60

30

Polynomial
optimization
Tang and Conway

0

0

10
20
Days from initial GEO

30

Figure 3. Comparison of polynomial optimization to the results of Tang and Conway.41

B.

Thrust-coast-thrust engine sequence

The cost function for this trajectory optimization is the total propellant mass fraction for the heliocentric
trajectory. The optimization variables are the thrust time for the first engine sequence and the subsequent
coast time. With the choice of appropriate initial values, no constraints are needed for the optimization
6
The 35th International Electric Propulsion Conference, Georgia Institute of Technology, USA
October 8–12, 2017

variables. As with the thrust angle optimization, we use Scipy’s minimize function configured with the
Nelder-Mead40 algorithm to compute the optimization variables.
The initial guess for the thrust and coast times is found with a first optimization routine. The goal
of this routine is to find the minimum amount of propellant that allows the spacecraft to reach Mars on
a thrust-coast sequence, with no injection into the orbit of Mars (effectively a fly-by mission). The initial
values for the thrust-coast-thrust engine sequence are determined by halving the coasting time found in the
first optimization routine, while keeping the duration of the first thrust sequence identical.

V.

Results and Analysis

Typical trajectories for the escape from Earth and the heliocentric segments of the mission are shown
in Fig 4. We found that in the power range investigated, the variation of the optimal thrust angle was
only significant for the geocentric segment of the mission, and within the range reported in Ref. 42 for the
heliocentric segment. However, the final payload mass fraction and total mission duration varied by less
than 2% with the optimized thrust steering angle, as compared to the case where γ = 0. We found that
a reduction in time spent firing prior to passing the SOI also reduces the velocity at which the spacecraft
exits the SOI. Consequently, there is a corresponding increase in time spent firing in the second segment
of the mission, resulting in a nearly constant total propellant mass. In light of these results, we set γ = 0
for all segments of the mission in order to investigate a larger array of power levels in a similar amount of
computation time.

135◦

90◦
r∞

90◦
135◦

45◦

45◦

Coast

Thrust 1

180◦

0◦

180◦

0◦
Thrust 2

225◦

315◦
270◦

225◦

r
r♂
270◦

315◦

Figure 4. Typical trajectory for Earth escape (left) and travel to Mars (right).

A.

Escape from Earth

The propellant mass fraction, time to the SOI of Earth, and velocity at the SOI of Earth are shown in Fig. 5.
While electric propulsion leaves the SOI of Earth with a much lower propellant mass fraction, the time spent
in the vicinity of Earth is orders of magnitude longer. However, increasing power results in both a rapid
decrease in time to reach the SOI and an increase in velocity at the SOI.
B.

Heliocentric trajectory

The total time to reach Mars and total payload mass that can be delivered are shown in Fig. 6. For a 23 mT
initial mass, chemical propulsion can deliver a total payload mass of 6.0 mT (26% payload mass fraction)
with a total travel time of 8.5 months. Results for electric propulsion vary with power, with a maximum
delivered mass of 11.2 mT (49% payload mass fraction) if we exclude the power supply. The total transit
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1

chemical propulsion

chemical propulsion

0.8

0.4

0.3
electric propulsion

0.6

2
electric propulsion

0.4

v∞ (km/s)

Time to r∞ (years)

Propellant mass fraction

0.5

2.5

1.5

electric propulsion

1

0.2
chemical propulsion

0.2
100
200
300
400
Power at 1 AU (kW)

0
100
200
300
400
Power at 1 AU (kW)

0.5
100
200
300
400
Power at 1 AU (kW)

Figure 5. Left: amount of propellant used as a fraction of the total mass when the SOI of Earth is reached.
Center: time to reach the SOI of Earth. Right: velocity at SOI of Earth in the geocentric reference frame.

time decreases as power increases, and asymptotes to the duration of a Hohmann transfer. The primary
source of the variation in travel time is the duration of the first segment of the mission.
The total payload mass delivered shows a decreasing linear trend with increasing power. Above 411 kW,
no payload may be delivered. However, for missions requiring solar electric power at the orbit of Mars,
the total delivered mass increases to a range of 13.6 to 14.7 mT (59 to 64% payload mass fraction). In
comparison, the 6.0 mT payload delivered by a chemical propulsion mission corresponds to the mass of a
171 kW power supply.

1.5

15
Total payload mass delivered (mT)

Time to Mars (years)

2

electric propulsion

1
chemical propulsion

0.5

0
100

200
300
Power at 1 AU (kW)

400

electric propulsion with P.S. as payload

10
electric propulsion

5

chemical propulsion

0
100

200
300
Power at 1 AU (kW)

400

Figure 6. Total travel time to Mars (left) and payload mass delivered (right) for electric and chemical propulsion
as a function of solar power at 1 AU.
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VI.

Conclusion

We simulated Earth-to-Mars trajectories of a spacecraft propelled by solar electric propulsion using
parameters for existing and near-term technologies. We computed the thrust steering angle for the geocentric
trajectory and the thrust and coasting durations for the heliocentric trajectory that minimize the total
amount of propellant spent for a thrust-coast-thrust mission as a function of input power. We found that
the thrust steering angle has a negligible impact on the overall performance for the power range investigated.
We compared the results of the electric propulsion mission to a similar chemical propulsion mission that
uses a Hohmann transfer to reach Mars. We showed that chemical propulsion always results in shorter
mission durations for the mass and power range investigated. However, the durations of electric propulsion
missions are of a similar order of magnitude, and are able to deliver a substantially larger payload in most
instances.
We showed that electric propulsion is especially suited to missions requiring a large power supply at the
orbit of Mars. For such missions the payload mass fraction is found to be as high as 64%, compared to 26%
for a high-performance chemical thruster with identical initial conditions. Electric propulsion missions can
deliver solar arrays generating as much as 411 kW at 1 AU (176 kW at Mars), whereas existing chemical
propulsion systems cannot deliver a solar array generating more than 171 kW (73 kW at Mars).
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